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SUMMARY 


**  Flight  loads  investigations  are  conducted  primarily  for  the  purpose 
of  confirming  wind-tunnel  results  b>  comparing  the  full-scale  results  with 
comparable  wind-tunnel  results  as  frequently  as  ieemei  necessarv; 
assessing  the  maneuvering  conditions  require)  of  the  aircraft  an  i  i“te r- 
mining  the  associate)  dynamic  loading  conditions  for  the  maneuvers;  and 
hringing  to  light  loads  proble-s  is  a  result  nt  conducting  Slight 
research.  The  research  airplane  program  in  the  United  States  include! 
from  the  beginning  extensive  programs  on  flight  loads  measurements.  This 
Report  summarizes  some  of  the  results  fro-  these  invest i gn' ions  for 
three  aircraft  the  X-l  rocket-power*-!  airplane;  the  X-5  variable-sweep 
airplane;  and  the  XF-92A  delta-wing  airplane. 


SOMMAIRf 


I.es  rresures  relatives  aex  charges  ie  vol  s’ ef  fer t  u**nt  en  pre-ier  lieu 
dans  les  huts  sulvants-  verification  i**s  resultats  i’essais  *»n  soufflerte 
en  comrarant,,  aussl  souvent  que  1*  on  jtige  nec*-ssaire,  les  resultats 
obtenus  aver  1* avion  en  vrate  grandeur  et  les  resultats  comparables 
obtenus  a  partlr  1'  essals  en  souffUrie;  evaluation  les  conditions  1e 
manoeuvrabi  1  Ite  demandees  a  1' avion  et  leterml  nation  des  conditions  !•> 
charge  dynamique  correspondant  aux  11  ff ^rentes  manoeuvres-  mlse  en  lumi^r**, 
par  suite  des  recherches  effertuees  on  vol.  de  probl ernes  concernant  les 
charges.  Le  programme  d'essats  etablt  pour  les  avions  recherche  aux 
Ktats-Unls  a  prevu.  des  le  debut,  ies  travaux  pousses  sur  les  mesures 
de  charges  de  vol.  Cette  communication  donne  en  resume  certains  ies 
resultats  d* etudes  reallsees  sur  trois  avions:  1’ avion  X-l  a  fusses, 

1' avion  X-5  a  fl^che  variable  et  1’ avion  XF-192A  K  aile  en  ielta. 
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NOTATION 


»v  vertical -tail  panel  span,  ft 

*  wing-panel  semispan,  ft 

bending-moment  coefficient  of  vertical  tail,  \1^.  qSvby 

chw  bending-moment  coefficient  of  wing  panel,  M^/qS^./2 

<Cm  )  pitching-moment  coefficient  of  wing- fuselage  at  zero  lift  VL  qSc 

0  wf  v 


C 


N 


normal-force  coefficient  based  on  total  wing  area,  N/qS 
airplane  normal-force  coefficient,  nW/qS 
horizontal-tail  normal-force  coefficient,  Lt/qSt 
wing-panel  normal-force  coefficient,  L^,/qS,A 

fraction  of  total  wing-fuselage  load  carried  by  a  wing 


cn<c/rav> 


r» 

'A 


M 


\ert leal -tail  panel  side-force  coefficient,  iT  qSv 

average  wing-punei  chord,  ft 

section  normal-force  coefficient 

sent  ion  normal -load  parameter 

»ing  wan  aerodynamic  chord.  M.  A.C.  ,  ft 

win '-panel  mean  aerodynamic  chord,  ft 

pressure  altitude,  ft 

aerodynamic  horizortal-tai 1  lonl,  positive  lor  up  load, 
aerodynamic  load  on  vertical-tail  panel,  ’ p 
lerodynamic  load  on  wing  panel,  lb 
Mach  number 


lb 


vv  vertical-tail  panel  aerodvna^ic  bending  to».  -  strain-gage 

station,  ft  ] h 

\  wing-panel  aerodynamic  bending  moment  about  strain-gage  station,  ft  lb 
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!  max 
r) 
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'  xac ; 


wf 


cp 


ycp 
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pitching  moment  at  zero  lift,  ft  lb 

normal  force  of  airplane,  lb 

normal  acceleration,  g  units 

incremental  normal  acceleration,  g  units 

pressure  coefficient,  (p  -  P0)/q 

resultant  pressure  coefficient,  P ^  -  p 

local  static  pressure,  lb  sq  ft 

free-stream  static  pressure,  lb  sq  ft 

mux i mum  rolling  angular  velocity,  radians  sec 

dynamic  pressure,  1  2  V  ,  lb  sq  ft 

pitching  angular  acceleration,  radians  sec: 

wing  area,  sq  ft 

horizontal-tail  area,  sq  it 

vertical -tail  area,  sq  (t 

area  of  one  wing  panel,  sq  ft 

t rue  airs peel,  ft  sec 

airplane  weight,  lb 

wing- fuselage  aerodynamic  cent  r,  ~  A.C. 
chordwise  center  of  pressure,  ^  cw 
lateral  center  of  pressure,  %  b  ; 
airplane  angle  of  attack,  leg 
airplane  angle  of  sideslip,  deg 
angle  of  sweep,  deg 
density  of  air,  slugs^'cu  ft 
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FLIGHT  LOADS  MEASUREMENTS  ON 
NACA  RESEARCH  AIRPLANES 

De  E.  Beeler* 


1.  INTRODUCTION 

Flight  loads  investigations  are  conducted  primari 1\  for  the  purpose  of  confirming 
wind-tunnel  results  by  comparing  the  full-scale  results  with  comparable  wind-tunnel 
results  as  frequently  as  deemed  necessary;  assessing  the  maneuvering  con  lit  ions 
required  of  the  aircraft  and  determining  the  associated  dynamic  loading  conditions 
for  the  maneuvers;  and  bringing  to  light  loads  problems  as  a  result  of  conducting 
flight  research.  It  was  natural,  therefore,  from  the  beginning  ol  the  research 
airplane  program  in  the  United  States,  to  include  extensive  programs  on  flight  loads 
measurements.  This  presentation  is  intended  to  summarize  some  of  the  results  from 
these  investigations. 

Generally,  the  data  have  been  selected  from  three  research  aircraft  having  a  wide 
range  of  configuration.  The  aircraft  selected  are  shown  in  Figure  1.  Include  1  are 
the  X- 1  rocket -powered  airplnne  which  has  a  straight  wing  with  a  thickness  ratio 
of  10T  of  the  chord  and  a  moderately  high  horizontal  tail;  the  x-5,  a  variablo- 
*ing-sweep  airplane  with  a  wing  airfoil  section  thickness  of  about  e  of  the  chord 
at  60°  of  sweep  and  th**  horizontal  tall  near  the  center  line  0f  the  extenied  wing 
chord;  the  XF-92A  delta-wing  aircraft  having  a  wing  thickness  of  about  6.51  of  the 
chord  and  having  no  horizontal  tail.  The  measured  loads  data  presented  for  the  X-5 
Will  tK»  for  the  60*  wing  sweep  conf  lguraf  ion.  The  fligr,*  loads  for  the  various 
~ opponents  of  these  aircraft  wore  determined  bv  use  of  calibrated  strain  gages.  In 
addition,  pressure-dist ribution  measurements  were  also  made  of  the  fuselage  and  the 
wing  of  the  X-l  airplane. 


2.  FLIGHT  ENVELOPE  FOR  RESFARCH  AIRCRAFT 

In  the  flight  investigation  of  the  research  aircraft,  it  has  been  found  that 
maximum  lift  coefficient  of  the  airplane  or  the  tesign  load  factor  foes  not 
necessarily  establish  the  boundaries  for  the  operating  flight  envelopes  of  the 
aircraft.  The  occurrence  of  pitch  nnd  yaw  divergences  and  inertia  coupling  have 
caused  the  aircraft  to  reach  or  eel  design  limits  inadvertently,  ani  the 

occurrence  of  buffeting,  changes  in  longitudinal  stability,  loss  in  cortrol  power, 
uni  high  induced  drag  have  prevented  the  attainment  of  maximum  lift.  A  tvrical 
flight  envelope  of  a  research  aircraft  is  shown  in  Figure  2,  where  the  angle  of 
attack  for  maximum  lift  coefficient  is  plotted  against  Mach  number.  The  usual 
reduction  in  maximum  lift  at  transonic  speeds  is  evident  with  increases  in  maximum, 
lift  at  supersonic  speeds.  Also  included  as  a  lower  boundary  defining  an  abrupt 
change  in  longitudinal  stability  (referred  to  as  ’pitch-up’)  uni  nlso  defining  the 
increase  in  buffeting  intensity.  The  shaded  area  between  the  fwo  boundaries  becomes 


'/ucj,  Hesmrch  Du  is  ion,  Yi(  A  //igh-.''/  , e  i  Flight  Ntafiun,  Fduur</s  iir  Force  Httsr, 
Cu  i  i/orn  in,  (  ..S.A  , 
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an  area  of  questionable  use  for  normal  flying  of  aircraft.  The  extent  of  the  shaded 
area  will  depend  on  the  aircraft  configuration,  but,  generally  speaking,  the  use  of 
thm  airfo11  sections  will  reduce  the  occurrence  of  transonic  buffet  to  an  area  near 
maximum  lift.  The  improper  use  of  aircraft  arrangements  such  as  wing  sweep,  aspect 
ratio,  ani  horizontal - tai 1  position  will  result  in  an  area  below  maximum  lift  of 
ju  stionable  usage.  Flight  loads  investigations  conducted  in  the  shaded  areas  have 
shown  nonlinearities  in  the  various  loading  paraneters,  as  will  be  pointed  out. 

3.  DIVISION  OF  TOTAL  AIRPLANE  LOAD 

The  loads  on  the  wing  and  tail  panels  were  measured  independently  of  the  total 
airplane  load;  therefore,  it  was  possible  to  determine  the  division  of  the  normal 
loai  between  the  wing,  tail,  and  fuselage.  Typical  data  for  the  straight-wing  X-l 
swept -wing  X-5.  and  the  delta-wing  XF-92A  are  shown  in  Figure  3  for  a  subsonic  and’ 
ransomc  Mach  number,  and  are  shown  as  component  normal-force  coefficients  plotted 
against  the  airplane  normal-force  coefficient.  The  airplane  load  was  determined 
from  the  measurement  of  the  normal  accelerations  at  the  airplane  eerier  of  gravity 
and  a  knowledge  of  the  weight  of  the  airplane.  The  wing  loads  for  the  X-l  were  ‘ 

°  ta.ln*d  fr°m  Pressure-distr ibut ion  measurements  and  calibrated  strain  gages  and  the 
remaining  wing  and  tail  loads  were  obtained  from  calibrated  strain  gages  Tfw 
fuselage  loads  were  determined  indirectly  by  subtracting  the  sum  of  the  wing  and 
a.l  loads  from  the  total  airplane  load.  All  loads  are  presented  as  aerodynamic 
loads  As  may  be  noted  from  the  figure,  the  straight-wing  aircraft  showed  linear 
variations  throughout  the  normal-force-coefficient  range  investigated.  The  highly 
swept  and  delta-wing  aircraft  show  reductions  in  wing  load  at  the  higher  values  of 
am.ane  normai  force  and  corresponding  increases  in  fus-lage  loads.  Slopes  of 
the  wing  and  fuselage  data  ,n  the  linear  range  have  been  evaluated  to  determine  the 
onti ibut ion  of  the  wing  load  to  the  wing-fuselage  load  and  are  shown  in  Figure  4 
Is.  I  [,,n^tlon  °[  *‘rh  number.  The  measure!  results  show  only  slight  increases  m 
r  tnl  i  C°?  ?UMOn  *Uh  *Ch  nu*>or-  emulation*  of  the  wing-load  contribution 

of  ,lk<‘"KwnHS?  I:  I*"'"  ^  f°r  thf>  conM«ur*tlc"  by  using  the  -thois 

f  Ikpkins  and  Care  I  .  The  method  was  developed  from  the  use  of  wind-tunnel  results 

and  th*or°tic*]  "‘“It*  from  Mu It hop* .  DeYoung.  Kissinger,  and  Lenn.-rt, 

and  include  the  interference  effects  of  the  fuselage  on  the  .lng  and  of  the  .in, 

on  the  fuselage  A  comparison  of  the  calculations  with  'he  night  data  shows  that 
a  reasonably  good  prediction  can  be  made  of  the  fiviwlon  of  norm*  1 -force  loads 
between  the  wing  and  the  fuselage  at  the  subsonic  speed*. 


4  CHORD*  ISF.  PRFSSl'RF  DISTRIBUTION 

Th-  chordwise  pressure  distributions  of  the  upper  and  lower  surfaces  of  a  mid- 
■eTispan  station  of  the  105  thick  X-l  wing  for  subsonic,  transonic,  and  supersonic 

:  ;  :  a;rI  Sh°*n,;n  5  the  genera,  shape  and  change  in  shap, 

o.  the  pressure  diagrams  for  these  speed  regimes  (see  also  Reference  2)  The 
subsonic  distribution  is  of  the  triangular  shape  with  peak  pressures  occurring  at 

^  7  K  ^  *‘th  th°  CPnt?‘r  °f  pressurr  forward  on  the  airfoil  section. 

‘h  iia. tr,bution  at  transonic  speed  is  irregular  as  a  result  of  normal  shock 
forma  ions  on  the  upper  and  lower  surfaces.  For  the  particular  flight  condition 
presented  in  Figure  5.  the  normal  shock,  as  defined  by  the  abrupt  pressure  recovery 
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between  4°  and  50*  of  the  chord,  is  located  on  the  upper  surface  at  approximately 
4  ,of  the  chord-  Separated  flow  region  exists  to  the  rear  of  the  50$  chord  as 
ind.i  ated  b\  the  flat  negative  pressure  portion  of  the  pressure  diagram.  The  normal 
shock  on  the  lower  surface  is  located  near  the  80$-chord  position.  As  a  result  of 
the  existence  of  normal  shock  formations  in  the  transonic  region,  variations  in 
angle  of  attack  and  Mach  number  have  been  found  to  vary  greatly  the  detail  pressure 
distribution  at  transonic  speeds.  Flight  results  from  thinner  airfoil  sections 
indicate  that  the  large  irregularities  in  the  distributions  are  greatlv  reduced  bv 
use  of  the  thinner  airfoil  sections.  At  the  supersonic  speeds,  the  largest  chang^ 
from  the  subsonic  distribution  has  been  in  the  upper  surface  distribution  of  load 
where  at  supersonic  speed:  the  largest  negative  pressure  now  exists  over  the  rear¬ 
ward  portion  of  thp  wing  section. 


5.  SPANWISF  DISTRIBUTION  OF  SFCTION  CHORDWISF  LOADING 

Section  load  distribution  across  the  span  of  the  X-l  wine3.-  is  shown  in  Figure  fi 
for  subsonic,  transonic.  an  i  supersonic  Vfach  numbers  at  a  nominal  wing-panel 
normal-fore-  coefficient.  As  may  be  noted,  there  is  the  graiual  change  1 rom  a 
r langular  type  of  loading  with  the  center  of  load  forward  on  the  section  a'  sub¬ 
sonic  speeds  to  an  approximate  rectangular  loeding  with  the  center  of  pressure 
located  at  approx  lm  to  ly  the  rridchori  station.  The  irregular  shape  of  the  distri- 

Zl™  the  franS°nlC  spewls-  No  ^'rtinent  chordwise  load-distribution 

thanMS.  from  the  loads  standpoint,  appear  to  exist  for  the  section  loading  across 
the  span.  Calculations  of  the  chordwise  loading  have  been  made  to  illustrate  the 
bgr.-e  of  correlation  that  might  be  expected  where  compared  with  full-scale  flight 
a  salt.-,.  The  results  of  the  calculations  are  shown  in  Figure  6.  The  geometry  of 
the  ex,ose  panel  was  used  and  a  refaction  Plane  at  the  fuselage  junction  assume!. 

For  the  da  a  of  a  Mach  number  of  0.53.  chordwise  load  iistrihut ions  were  determined 
>  H  .1  at  ion  of  a  similar  analysis  as  given  in  Reference  5.  The  section  load  at 
eiuh  span  station  whs  adjusted  to  a  span  load  ii  st  ribut  ion  calculated  bv  the  method 
o  Reference  6  and  correctei  by  the  Pn«n it 1-Glauert  fa-tor  for  compresslbl 1  itv 
effects.  As  may  be  seen,  von  good  agreement  is  obtained  with  the  experimental 
7  1  spa"  staUons-  The  measured  data  at  a  Mach  number  of  0.88  show  as 

..ght  be  oxpectei.  a  strong  evidence  of  mixed  flow  conditions  over  the  wing  surface 
Calculations  for  the  prediction  of  the  local  pressure  loafing  over  the  airfoil  are  ‘ 
surely  sub  ect  to  question:  however,  results  of  the  calculations  are  sin  To  give 
some  qualitative  idea  of  the  comparison  between  theon  and  experiment  at  this  Mach 

t  "  '  ??1C“Ull0nS’  (a>  th“  Prand,1’Gla-rt  transfornwt  ion  was  used  to 

i  t  ih  M  SP1,n  K  f°r  onr>liross  it’i  i  it.'  effects,  (b)  the  flat-plate  pressure 

Gwierlev  °?c  "v?*"  *  C#1CUlatPl  *  -  plication  of  the  results  of 

Gihlerle  .  (c)  the  pressure  distribution  iue  to  thickness  was  calculated  bv  an 

application  of  the  results  of  Spreiter  and  Alksne*. 

aunHedC^U!:tl0llS  T  '7'  rs°niC  caso  th(>  Panel  as  a  flat  plate  and 

V  th‘  lln,,,iriz,,<1  theur-v  of  Reference  9  which  consider  only  airfoils 

irr:r*ic:  nuf°r in  *hich  t,oth  th° i,,aune  ani  **•**'  ^  super. 

"g  'of  u  e"r  wh  “n  ti0nS  f°r  th<‘  SaW  StaM0n  Shwn  Projected  to  the 
right  of  Figure  6  where  the  upper  and  lower  surface  pressure  distributions  were 

cumulated  bv  an  application  of  Busemann's  second-order  theorv:°  assuming  that 

(a)  the  mid-semispan  wing  station  is  in  a  two-dimensional  flow  regio  e  root 
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aflH  lP  l?ne*riZed  shock  lines  in^rsect  in  the  neighborhood  of  the  trailing  edge) 
an  (b)  the  airfoil  of  this  span  location  was  approximated  by  a  biconvex  profile 

The  °mPafri-S°n  heUeen  the  ca^ulations  and  measured  data  shows  good  agreement. 

The  use  of  the  expansion  theory  of  Reference  10  improved  the  prediction  somewhat 
°  llnpanzed  theory.  Similar  section  loading  data  of  Figure  6  are  shown  in 

Pjre  7  to  j  Must  rate  the  distribution  of  .oadio*  tor  bi6b  a  Je,  of  .tuck  T* 
data  of  Figure  7  are  for  angles  of  attack  near  the  maximum  lift  of  the  wing  The 
increase  of  the  rear  chord  ioadib*  at  the  higher  each  nu.bers  is  evideni  Is  for 

e  low  angles  of  attack.  Also,  the  existence  of  high  pressure  loads  at  the  leading 
edge  of  the  wing  for  all  Mach  numbers  may  be  noted.  * 

6.  SPANWISE  LOAD  DISTRIBUTION 

An  integration  of  the  section  load  distribution  over  the  span  of  the  wing  gives 
ht  span  loading  distribution  shown  in  Figure  8.  The  data  are  extended  to  include 
It  PreSSUre  dlstributl0n  "^sured  over  the  fuselage  to  the  airplane  center  line 
rrwy  be  noted  that  an  appreciable  reduction  in  load  over  the  fuselage  exists  and 
an  f  ip  ica  oading  is  shown  for  the  subsonic  am  supersonic  Mxch  numbers. 

to  thatarholeS'  VX1St'  h°*eVer*  ln  ^  SPan  l03din*  at  a11  transonic  speeds  similar 
at  shown  in  Figure  8  at  a  .Mach  number  of  0.88.  An  inspection  of  the  detailed 

urface  pressure  distribution  shows  that  irregular  chotdwise  normal  shock  location 
and  movement  at  various  span  stations  produce  the  irregular  effect  in  the  s^n 

*ith  FiLureT  00^"'  Perf°rmeJ  by  the  "*thods  °»tlinod  and  discussed  previously 

sonie  H  agreement  was  realized  by  the  span  load  distributions  at  sub-  ‘ 

:::::eamtS=rPeedS-  The  lrreSUlam]eS  ln  ^  data  were  " 


7.  COMPARISON  OF  FLIGHT  AND  WIND  TUNNEL  SECTION  LOADINGS 

f,"1*"!’  Wh<?n  rJe°med  necessary-  10  compare  the  results  from  full-scale 

the  agreement  is  fairly  goocl!:e'\tinsLhL"bal^n!e0^rlour  thlirthe ^i J ^ 
odges  were  cusped  and  the  airplane  sections  were  moiified  toward  uncusping tilt 
area.  This  would  account  for  some  of  the  differences  at  the  trailing  edges  Th  . 

EH1!? 


8  . 


EFFECT  OF  MACH  NUMBER  ON  WING 


LATERAL  CENTER  OF  PRESSURE 


The  effect  of  Mach  number  on  the  lateral  center  of 
from  an  integration  of  wing  span  load  distribution  is 


pressure  of  the  wing  panel 
shown  in  Figure  11  for  the 


=r'“:;  = 5  =:  r:£ r„ 

TLclnd,  tne  effects  of  the  fuselage,  are  also  Included.  The  calruL'ons for  the 
straight-  and  delta-.ing  airplanes  sho,  goal  agreement  .ith  the  1  1,  * 

’  re  and  showed  only  a  negligible  effect. 

The  wing  bending-moment  coefficients  for  tho  o,ro<,  „„  <•• 

Figure  12  as  a  fWtinn  •  ?  the  three  conf isurat  ions  are  shown  in 

,  t  a  a  Iunctlon  of  wing-panel  normal-force  coefficient  For  the  x  ,  nlt. 

z  t-t'*  :  ~ 


FFFECT  OF  MACH  NUMBER  ON  WING  CHORDWISE  COEFFICIENT 

The  variation  of  the  wing  chordwise  center  of  pressure  with  ib  k  ^ 
in  Figure  13  for  the  three  airplane  configurations  For  th  t  shown 

considerable  variation  in  center  of  pressure  is  evident  at  the  airfoi1, 

would  be  expected  however  that  fnr  thi  ,  '  ^  transonic  speeds.  It 

reduced.  doming  Z^ZZlZZll  ““ 

7Z-,?Z  zzrzs-  r  ’ith 

airplanes  shown  in  the  lower  portion  of  the  figure. 


in. 


fuselage  pressure  distribution 


Typical  results  of  the  fuselage  pressure  distrihut inn  .l 
Sh«„  in  Figure  H  for  Mach  numbers  of  0.80  and  1  00  (Ref  3  o LT"!""' 
typical  pressure  distributions  for  the  .Ing.  The  extent  to  Jhlch  to  *re 

distribution  of  the  .log  carries  over  and  Influences  toe  °  If  I’r”S“r'' 

-  -• '  ;™ -  - 

i:  z  tzizzt  Mu~*  * in 


*  i . 


VARIATION  OF  TAIL  LOAD  WITH  A I  RrLANF.  LOAD 


x-iT»ir~  irr;::,::  jr^rr  Tai-f°rce  - ** 

normal-force  coeff.clent  «  linear lm  YZ  h"  *lth 

depending  on  the  speed  range  due  tn  nh  g  S  shown>  but  vary  considerably 

fuselage  combination  as  sho»n  in  Flgure"ir  The”d  “erodJ,”**lc  cf,nter  of  flic  »ing- 
-  —  -  loads  and  sJZZZ^ZZZZ ZZZZZZ 
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combination  moves  abruptly  from  a  subsonic  level  at  transonic  speeds  to  a  rearward 
position  at  supersonic  speeds.  Also  shown  in  the  figure  is  the  effect  of  Mach 
number  on  the  zero  pitching  moment  of  the  wing-fuselage  combination  as  calculated 
from  the  measured  flight  tail  loads.  It  is  possible,  therefore,  by  using  these 
flight  data  or  similar  data  from  wind-tunnel  tests  and  by  assigning  proper  iiight 
pitching  accelerations,  to  calculate  the  horizontal - tai 1  loads  for  symmetrical 
maneuvering  flight.  Figure  17  shows  the  variation  of  the  measured  tail  loads  at 
subsonic,  transonic,  and  supersonic  Mach  numbers  for  the  swept-wing  X-5  airplane15. 
It  may  be  noted  that  nonlinearities  exist  throughout  the  lift  region  both  for 
subsonic  and  for  transonic  speeds.  It  would  be  necessary  in  these  cases  to  make 
detailed  measurements  of  the  tail  loads  in  wind-tunnel  tests  to  obtain  basic  data 
if  accurate  prediction  of  the  flight  tail  loads  is  required. 


12.  FFFECT  OF  WING  '.WEEP  ON  GUST  RESPONSE 


The  unique  featur*  of  being  able  to  change  the  wing  sweep  angle  of  the  X-5  afforded 
the  opportunity  of  investigating  the  effects  of  sweep  on  the  gust  response  of  the 
airplane  flying  in  turbulent  air.  The  aircraft  was  flown  over  a  prescribed  air  course 
at  a  given  indicated  airspeed  in  turbulent  air  with  sweep  angles  of  20°,  45°,  and 
59°.  The  measured  results  are  shown  in  Figure  18  as  the  ratio  of  the  loads  of  a 
swept-wing  airplane  for  the  three  wing  sweep  angles.  Included  also  is  the  load 
ratio  as  a  function  of  the  cosine  of  the  angle  of  sweep.  The  t light  data  at  the  two 
lower  sweep  angles  agree  with  the  cosine  concept,  however,  the  load-ratio  data  at  a 
wing  sweep  angle  of  59°  are  slightly  higher.  Due  to  the  low  lateral  damping  of  the 
airplane  at  the  high  wing  sweep  angles  some  rolling  was  evidenced  in  the  measured 
lata.  It  is  believed  that  some  of  the  differences  noted  at  the  high  sweep  angles 
may  result  from  the  normal  acceleration  due  to  the  rolling. 


13.  FFFECT  OF  AIRFOIL  TH ICKNFSS  ON  Bl'FFFTING 


The  occurrence  of  buffeting  at  transonic  speeds  was  most  objectionable  with  the 
earl>  research  aircraft.  The  regions  of  most  concern  are  illustrated  in  Figure  19 
where  boundaries  of  the  buffet  region  are  shown  for  the  straight-wing  X-l  airplane. 
Measured  maximum  fluctuating  stresses  in  the  primary  structure  of  the  wing  and  tail 
were  of  the  order  of  15  to  20',  of  the  design  stresses.  The  use  of  thin  airfoil 
sections  has  essentially  eliminated  the  transonic  buffet  region,  as  shown  by  the 
boundary  for  a  thin  airfoil.  However,  at  subsonic  speed  buffeting  occurs  at  low 
argles  of  attack  and  devices  such  as  leading-edge  flaps  are  found  to  tie  beneficial  for 
raising  the  boundary  level,  as  shown  in  th^1  figure. 


14.  UNCONTROLLED  MANEUVERS 


Maneuvers  of  an  uncontrolled  nature  have  been  encountered  during  the  flight 
investigations  of  the  research  aircraft  that  are  of  interest  to  the  study  of  flight 
loads.  These  maneuvers  have  manifested  themselves  in  the  form  ot  iivergenees  in 
Pitch  and  in  yaw  during  flight  at  high  angles  of  attack  and  during  rolling  maneuvers. 
Typical  examples  of  the  development  of  angles  of  yaw  and  angles  of  attack  during 
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the  maneuvers  are  shown  in  Figure  20.  Also  included  are  the  pitching  accelerations 
experienced  during  the  inadvertent  maneuvers.  The  open  and  solid  symbols  define  the 

maximum  measured  values  resulting  from  inadvertent  pitching  maneuvers  and  rolling 
maneuvers,  respectively. 

For  the  pitch-up  maneuvers  it  may  be  noted  that  the  pitching  acceleration 
experienced  during  recovery  was  approximately  twice  the  values  experienced  during 
the  inadvertent  pitch-up.  The  horizontal-tail  and  wing  loads  measured  during  the 
maneuvers  were  below  design  limits  since  they  were  performed  at  high  altitude; 
however,  extrapolation  to  higher  dynamic  pressures  shows  that  design  loads  mav 
easily  be  exceeded. 


15.  EFFECT  OF  YAW  ON  VERTICAL -TAIL  LOADS 


The  loss  in  directional  stability  at  high  Mach  number  and  at  high  angles  of  attack 
has  resulted  in  development  of  large  yaw  angles.  The  magnitude  of  angles  for  high 
angle-of-attack  conditions  is  shown  in  Figure  20.  It  is  of  interest  to  review  the 
measured  vertical-tail  loads  experienced  during  these  yawing  maneuvers  which  occurred 
at  an  angle  of  attack  of  approximately  20°.  Figure  21  shows  the  venation  of  the 
measured  vertical-tail  load  with  sideslip  angle  and  the  vertical -tail  load  with 
vertical-tail-bending  moment.  These  data  show  appreciable  losses  in  vertical-tail 
oad  and  change  in  vertical-tai 1- load  distribution  with  increasing  yaw  angles.  The 
loss  in  tail  load,  of  course,  reduces  the  tail  contribution  to  static  directional 
stability,  hence  the  development  of  high  sideslip  angles.  These  high  angles  of  yaw  not 
ly  produce  high  vertical -tail  loads  but  also  subject  the  fuselage  body  to  high 
loads.  The  changes  in  load  distribution  of  the  vertical  tail  are  apparent  from  the 
appreciable  outboard  movement  in  the  lateral  center  of  pressure.  Studies  of  the  flow 
behavior  at  the  tail  plane  of  an  X-5  model  in  the  NACA  Langley  stability  tunnel  have 
been  made  at  low  speed  by  using  the  tufted  screen  grid  technique.  These  studies  have 
shown  vortices  to  originate  from  the  wing  at  high  angles  of  attack  as  illustrated 
in  Figure  22.  The  illustration  shows  the  model  at  an  elevated  angle  of  attack  and  in 
a  yawed  at  tude  In  the  lower  portion  of  the  figure  is  illustrated  the  location 
of  the  vortices  in  relation  to  the  vertical-tai  1  plane  of  the  X-5.  These  were 
determined  from  inspection  of  the  tuft  screen  photographs  at  an  angle  of  attack  of 
or  three  conditions  of  yaw.  The  figure  also  illustrates  the  effect  of  the 
vortice  on  the  vertical-tail  loading  as  the  vortice  approaches  the  tail  surface  in  a 
yawe  condition.  The  local  angles  of  attack  of  the  tail  surface  are  increased  due 
to  the  presence  of  the  vortex  above  the  plane  of  the  vortex  center  and  are  decreased 
below  the  vortex  center.  For  the  location  of  the  horizontal  tail  of  the  x-5  at 
ese  angles-of-attack  conditions  no  appreciable  effects  of  the  vortex  on  the 
horizontal-tail  loading  were  evident.  It  would  be  expected,  however,  that  if  the 

rtices  were  located  near  the  horizontal-tail  plane  the  distribution  of  horizontal 
tail  would  be  affected. 


16.  VERTICAL-TAIL  LOADS  DURING  ROLLING 


Another  problem  concerned  with  loads  on  the  research  airplane 
development  of  large  angles  of  attack  and  angles  of  sideslip  (Fi 
maneuvers.  This  has  occurred  on  aircraft  having  the  mass  distri 


been  the 
during  rolling 
primarily  along 
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the  fuselage  and  having  the  ability  to  roll  at  rates  approaching  the  natural  circular 
requency  in  pitch  or  yaw.  Measured  loads  for  these  conditions  at  high  altitude  have 
approached  and  in  some  cases  exceeded  the  design  limit  during  the  maneuver.  Attempts 
o  alleviate  the  difficulties  have  been  made  by  increa  ;  the  static  directional 
stability  or  restricting  the  rate  of  roll,  or  both.  These  flight  experiences  have 
however,  emphasized  the  need  in  structural  design  for  a  can  i  and  complete  study’ 
of  the  stability  characteristics  of  the  airplane.  It  is  al  ,  necessary  to  perform 
calculations  of  time  histories  of  rolling  maneuvers  using  1 ive-degrees-of- freedom 
The  use  of  calculated  data  has  been  found  helpful  in  exploring  suspected  problems’ 
of  this  nature.  For  instance,  the  effect  of  high  dynamic  pressure  for  these  types 
of  maneuvers  may  be  assessed  by  typical  calculations  as  shown  in  Figure  23.  These 
calculations  are  from  an  analog  study  to  Jetermine  the  vertical-tail  load  during  a 
rohing  maneuver  and  are  based  on  flight  results  of  a  rolling  maneuvei  at  high 
altitude.  The  calculations  show  appreciable  reduction  in  vertical-tail  load  for  the 
lower  rolling  velocities;  however,  initiating  the  roll  at  a  higher  angle  of  attack 

as  in  a  rolling  pull-out.  would  result  in  appreciable  increases  in  vertical-tail  load 
at  the  high  dynamic  pressures. 


17.  CONCLUSION 


In  conclusion,  it  may  be  said  that  the  flight  loads  investigations  of  the  research 
aircraft  have  provided  considerable  full-scale  flight  loals  data  which  may  be  used  to 
compare  and  cheek  results  from  scale-motel  tests  in  wind  tunnels;  have  defined  areas 
for  expanding  research  or  conducting  in  more  detail  present  investigations  both  in 
lluht  an  i  in  the  wind  tunnel;  have  provided  full-scale  data  under  actual  flight 
conditions  for  use  ,n  cheeking  theoretical  methods  of  prediction,  and,  lastly  have 
provided  data  on  the  structural  and  aerodynamic  loads  associated  with  the  evaluation 
devices  and  configurations  for  improving  aircraft  in  the  fields  of  stability  and 
performance  as  well  as  aircraft  loads. 
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Fig.  1  Photographs  of  the  airplanes 


—  Maximum  lift 


FIk. 2  Sketch  of  flight  regions 
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Fig.  7  Wing  distribution  of  the  section  choriwise  loading.  High  normal-force  coefficient 
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Fig. 8  Span  load  distribution.  X-l  airplane 
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Pig.  9  Conparison  of  flight  ani  *  in  i- 1  tinn**!  s**~tion  loading.  X-l  airplano 
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Fig.  10  Comparison  of  flight  and  wind-tunnel  span  loadings.  X-l  airplane 
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Fig.  14  Fuselage  and  wing  pressure  distribution  of  X-l  airplane 
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Fig.M  (Concluded) 
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